On-orbit servicing is of interest for long duration missions due to potential benefits such as increasing the mission lifetime. In order to realize on-orbit servicing Coulomb, formation satellite systems lend themselves as one possible approach. This paper discusses such a system. A method is proposed for deploying a small deputy satellite from a docked condition on a main satellite to a Clohessy-Wiltshire bounded solution. A series of elliptical guidance paths are used for this purpose. Additionally, a method of changing the relative plane of motion of the deputy satellite is presented. This method requires the reorientation of the main satellite. Numerical simulations indicate that such maneuvers are possible within the given assumptions. It is observed that even in the worst-case scenario, positional errors can be kept within several centimeters.
Introduction
Due to the ever increasing quantity of threatening debris in Earth orbit, certain measures should be taken in order to continue the safe operation of space ventures. Minimizing the risk due to orbital debris necessitates the need for onorbit servicing. This term refers to a variety of tasks including the inspection, repair, assembly and overall maintenance of spacecraft. The SMAD study specified six potential benefits of on-orbit servicing 1) : 1) Reduced life cycle costs, 2) increased payload sensor availability, 3) extended spacecraft orbital lifetime, 4) enhanced spacecraft capabilities, 5) pre-launch spacecraft integration flexibility and 6) enhanced mission flexibility and operational readiness. External inspection and repair can be carried out using a robotic arm and appropriate end-manipulator or using a separate deputy satellite.
The use of a set of one or more deputy satellites presents the concept of formation flight. If some observational equipment were to be attached to a small deputy body, analysis of a larger chief satellite could be carried out as the deputy encircles in a natural or augmented orbit. It is likely that many maneuvers would be necessary in order to maintain such augmented orbits, avoid collisions and transfer to some other desired path. Additionally, because of the long mission times entailed, potentially the entire lifetime of the chief satellite, energy efficiency in control of the deputy body must be high in order to allow the operation to be practical. Conventional control methods that require expendable fuels do not lend themselves to such a mission type.
The SCATHA mission demonstrated that a satellite in geostationary Earth orbit would naturally acquire a negative potential relative to the surrounding space plasma.
2) By expelling electrons from the vehicle using an electron gun, charge variation can be achieved allowing for both negative and positive resultant body charges. 3) For higher electron currents from the electron gun, greater charge variation takes place.
If a second satellite similar to that of the SCATHA mission had been in close vicinity, the adopted charge would cause an interacting force between the two bodies. Close vicinity here refers to distances less than 100 m. Using charge variation, the interacting force can also be varied. The resultant inter-satellite (Coulomb) and satellite-magnetic field (Lorentz) forces can be exploited in controlling a satellite formation system. Since the necessary power for charge variation is low, the utilization of satellite charge for assisting in guided formation flight lends itself to on-orbit inspection.
The necessary hardware to allow for sufficient charge variation to both positive and negative potentials is an electron gun or ion emitter. 4, 5) The implementation of an electron gun was also flight tested by the SCATHA satellite. This propulsion system is virtually propellant-less allowing for large mass savings. 4, 6) The overall aim of this study is to develop the necessary control algorithm for guidance control of a deputy satellite about a chief satellite. All control is sought through spacecraft charge variation. Successful implementation of this procedure would act as the first step in on-orbit servicing, namely the detection and inspection of external damage of a chief body. Such methods may, for example, be of great benefit to re-entry vehicles whereby the detection of damage to undercarriage heat-shields could potentially lead to the avoidance of a disaster.
Previous studies have focused on similar Coulomb formation mission concepts. For example, static Coulomb forma-Ó 2012 The Japan Society for Aeronautical and Space Sciences tions have been studied, whereby all satellites within the group remain stationary relative to a common frame of reference. 3, 4, 7, 8) The purpose of such stationary formations lends itself to spacecraft interferometry. Collision avoidance using Coulomb forces within satellite clusters has also been investigated and is an important consideration for when large numbers of satellites are grouped together. 9) Furthermore, new orbital types have been considered based upon the exploitation of Lorentz forces, namely the interaction between charged bodies and a magnetic field. 10) In this paper, a deployment control analysis of the deputy satellite within a charge-utilizing formation system is outlined. The analyzed system is a dynamic, path-following charged formation whereby the deputy is to be guided along a bounded path about the chief satellite. Variation of the spacecraft charges is used to correct this motion to the desired state. It is not assumed that the chief satellite has a positional station-keeping ability, but it is assumed that an ideal internal attitude control system maintains the desired attitude. In addition, only three charged sources are employed, a distinction between similar studies. 11) Thus the system is encouraged to work with natural orbital dynamics. Certain parts of this paper were introduced at the i-SAIRAS 2010 conference.
12)

System Model
Within the adopted model, a control mass is connected rigidly to a chief mass (forming the main satellite body) and a deputy satellite moves freely about this main structure. These satellite bodies are illustrated in Fig. 1 . Excluding the connecting beam, each mass acts simultaneously as a Coulomb source and, hence, leads to inter-satellite Coulomb forces and Lorentz forces that act on the masses alone. Within the framework of the on-orbit inspection concept, it is assumed that prior to the inspection of the chief body, the deputy satellite is docked to the control mass.
Equations of motion
The equations of motion used for the purpose of numerically simulating this system are given in this section. The accelerations of both satellites are expressed in the Hill orbital reference frame, otherwise known as the local vertical local horizontal (LVLH) reference frame. This is done because the relative motion is primarily of interest. Within the Hill frame, the acceleration acting on either of the satellite bodies comprises four components: gravitational, kinematic, Coulomb and Lorentz forces. These components are represented in Eq. (1). The affix H specifies that the variable in question is expressed in terms of the Hill orbital reference frame. The variable (p) is the position vector of one of the satellites in the Hill frame.
The position of the Hill frame origin in the inertial reference frame is (R H ). The position of one of the satellites in the Hill frame is (R SAT ). Both of these position vectors are illustrated in Fig. 2 .
The gravitational acceleration term is given in Eq. (2). It is assumed that the Earth is a rotationally symmetric ellipsoid. J 2 perturbations, therefore, take effect. 
The terms g r and g represent the gravitational accelerations along and perpendicular to the satellite's inertial position vector, respectively. These act in the directions shown in Fig. 3 . Equation (4) has been rearranged for the purpose of avoiding numerical errors during the numerical integration process. 
The force acting between the two charged satellite bodies is the Coulomb force. This is described by the term below. The chief body charge is q CHIEF , the control mass charge is q CONTROL and the deputy body charge is q DEPUTY . In Eq. (7) the upper line represents the acceleration acting on the main satellite, the lower line represents the acceleration acting on the deputy satellite, and m MAIN and m DEPUTY represent the masses of the main and deputy satellites and are equal to 1000 and 3 kg, respectively.
The final term represents the interacting of the charged satellite bodies with the Earth's magnetic field. This is the acceleration due to the Lorentz force. The magnetic field strength equation is given in Eq. (9). 10) The angle is illustrated in Fig. 3 . The affix N signifies that the relevant term is expressed in the inertial coordinate frame. The matrix [C SAT/INERTIAL ] is the direction cosine matrix representing the rotation of the satellite reference frame over the inertial reference frame. The charge and mass of the respective satellite are represented by q SAT and m SAT . The angular velocity vector (! E ) represents the angular velocity vector of the Earth's magnetic field.
Charge limit
Based upon SCATHA mission results, whereby ''attractive and repulsive forces between the vehicles with magnitudes up to almost 10 "N over 10 meters'' could be generated, the following charge limit is defined for the current system. 4) The force F acting between two charged bodies is described by Eq. (10). In this equation, k C is the Coulomb constant and is approximately equal to 8:99 Â 10 9 Nm 2 C À2 , q 1 and q 2 represent the charges of the hypothetical satellite bodies labeled 1 and 2, and r 12 is the magnitude of the relative distance between satellites 1 and 2. Since interest only lies in the magnitude of the charge, the negative sign can be removed. This formula can then be rearranged to find the charge couple q 1 q 2 .
Assuming that both satellites in this hypothetical model have adopted an equal charge, the single charge for one body then becomes
Orbital conditions
The results of the SCATHA mission indicate that an appropriate plasma environment for a Coulomb formation exists at GEO distances. Therefore, the current hypothetical system is placed at this same orbital distance. The initial velocity of the orbit is defined such that under Keplarian conditions a circular orbital path would form. However, the Earth is assumed to be a rotationally symmetric ellipsoid and thereby exerts orbital perturbations. Harmonics higher than J 2 perturbations are neglected. Within this assumed model, gravitational perturbations only occur in orbits that lie out of the Earth equatorial plane. Hence, in order to induce orbital perturbations upon the formation system, the main satellite orbit is inclined at 45 degrees to the equatorial plane. This angle has been chosen arbitrarily.
A set of differential equations of motion were derived that describe both the translational accelerations of the main and deputy bodies within the Hill reference frame (LVLH frame). Using a Runge-Kutta 4th order numerical integration method, the change in position and attitude over time can be found.
Initial conditions
The satellite motions are calculated within the Hill frame. However, only the motion of the deputy satellite relative to the main satellite is of interest. To analyze this motion, a main satellite reference frame is defined. This reference frame has its origin at the center of mass of the main satellite and lies orthogonal to the Hill frame. Hence, this frame moves with the main satellite and all deputy satellite motion is observed within this frame. It is assumed that prior to deployment the deputy satellite is docked to the control mass on its trailing side (opposite to the direction of flight). This initial state is illustrated in Fig. 4 . 2.5. Target conditions 2.5.1. In-plane
The target path is defined as a Clohessy-Wiltshire bounded solution with x-and y-axis lengths of 5 and 10 m, respectively. Under perfectly circular Keplarian orbital conditions, the bounded target path could naturally occur. The deputy satellite is deployed to the target path using a series of sequential elliptical paths. Figure 4 shows the case of two guidance ellipses. In accordance with Fig. 5 , the positional error relative to these target paths is to be reduced to zero throughout deployment. Once the deputy satellite has been deployed, and potentially during deployment as well, inspection of the chief satellite can take place. Prior to being guided along an elliptical path, the deputy satellite passes through an initial acceleration phase. It is desired that within this phase the deputy body acquires a velocity in the negative Hill frame y-direction whilst minimizing its x-velocity. This velocity is called the initial velocity and will be here onwards referred to as V init .
The magnitude of this initial target velocity has been empirically determined as
whereby n is the orbital rate and b is the semi-minor axis length of the target ellipse. This initial velocity allows the deputy satellite to converge to the Clohessy-Wiltshire solution velocity. The guidance ellipse geometries are decided as follows. Firstly, all of the guidance ellipses are defined as having the same eccentricity as the target ellipse. In the case of the first ellipse, the center is defined as the point at which the initial acceleration period stops. This is essentially where _ y y TARGET is achieved. In the case of one rotation before convergence (two guidance ellipses), the second ellipse is defined such that its yaxis minimum matches that of the first ellipse. Its y-axis maximum matches that of the target path. This case is illustrated in Figs. 4 and 6. For the general case of N rotations before convergence, the ellipse geometries can be described by the equations below.
Here, a and y are an ellipse's semi-major axis length and center y-ordinate, respectively. The center x-ordinate is always zero. The affix T refers to the final target path. The affix i refers to the guidance ellipse number in the sequence starting from a 0 and y 0 . There are twice as many guidance ellipses as rotations before convergence and, hence, i is double the value of N. Here, y DEPUTY is the deputy satellite's y-ordinate when crossing the y-axis. When the deputy satellite crosses the y-axis the next guidance ellipse geometry is calculated.
Tilted paths
Firstly, the deputy satellite is deployed to the target path in the local ðx; yÞ-plane. Afterwards, guidance to a target path that lies in a different plane of motion is desired. The target paths are all Clohessy-Wiltshire solutions. These solutions are naturally stable under ideal Keplarian conditions. The target paths are distinguished in this paper by the angle of rotation about the local y-axis. The angle of rotation is from here onwards referred to as the tilt of the target plane. Mathematically, the target path can be described by Eqs. (15) and (16). The first is simply the equation of an ellipse whereby a and b are the semi-major and semi-minor axis lengths. It should be noted that a ¼ 2b. This is a natural relationship in Clohessy-Wiltshire solutions. The z-axis elevation is merely a function of the x-ordinate and the tilt angle .
The tilted target path is illustrated in Fig. 7 . The letter C indicates the main satellite reference frame whilst the letter T indicates the target reference frame. The angle is the angle of tilt. The directions of motion along both the nontilted and tilted target paths are indicated by the arrows.
Sensor error inclusion
It is assumed that the system is equipped with currently existing hardware of limited accuracy. In order to model this accuracy in the numerical simulation, errors are introduced according to a Gaussian distribution with zero mean error. Specifically, it is assumed that the relative positional measurements have a standard deviation of AE3 mm. This is based upon the assumption that a LIDAR-based measurement system is used with a 3-' noise value of AE1 cm. 13) The velocity measurements are assumed to be derived from the positional measurements, whereby a sufficient number of samples (several hundred per second) lead to a standard deviation of AE10 À5 ms À1 . Furthermore, it is assumed that the satellite charge can be assigned with a standard deviation of 1:5 Â 10 À8 Coulombs, which is equivalent to 5% of the charge limit.
Hardware
In order to realize such a Coulomb formation flying system, a range of hardware devices are necessary. LIDAR 14) and TriDAR 15) systems present themselves as possible position measurement systems. Within this study it will be assumed that a suitable LIDAR measurement system is installed.
13) It is assumed that satellite body charge variation can be achieved through the use of an electron gun or ion emitter. Additionally, it is assumed that only the main satellite has sufficient power to allow for charge variation. The deputy satellite is assumed to remain passively charged at a constant of the negative charge limit.
Control Logic
Deployment of the deputy satellite is divided into two parts: in-and out-of-plane control. Details of these two parts are given in the following two subsections. 
In-plane deployment
This part of deployment is based upon the initial acceleration phase and sequential guidance ellipse method introduced in subsection 2.5. The following control logic is proposed for deployment of the deputy satellite within this stage.
Initial acceleration phase
Immediately following the release of the deputy from the control mass, the deputy satellite is accelerated to the desired initial velocity. During this phase the control mass acts in favor of this acceleration. The chief body acts as a positional controller in order to keep the deputy's resultant path as straight as possible in the negative y-direction. Using the deputy y-axis velocity _ y y DEPUTY , positional error x ERROR and velocity in the x-axis direction _ x x DEPUTY , a simple feedback control system is utilized. Here, x CONTROL and x DEPUTY are the control mass and deputy satellite x-axis positions, respectively.
Guidance ellipse phase
Once the acceleration phase is complete, the control mass charge is set to zero such that it no longer has an influence on the deputy satellite motion. During this second guidance ellipse phase, the chief acts to reduce the positional error (relative to the immediate guidance ellipse) in accordance with Fig. 5 . Using the positional error p ERROR and radial velocity v, a simple feedback logic is defined as follows. The positional error is the difference between the modulus of the target position vector and the modulus of the deputy satellite's actual position vector.
Tilted path guidance
Once the deputy satellite has been deployed to the planar target path, guidance out of the local ðx; yÞ-plane can begin. This second stage could, theoretically, take place during the guidance ellipse stage. However, in order to simplify the control algorithm, the two actions have been separated. Guidance of the deputy satellite out of the local ðx; yÞ-plane is achieved by two actions. The first is the rotation of the chief satellite and the second is the adoption of charge by the chief, control and deputy masses. These are further described below.
Main satellite reorientation
At any point along the deputy satellite path, the greatest out-of-plane force inducible by the control mass onto the deputy satellite occurs when the main satellite lies perpendicular to the deputy plane of motion. This is illustrated in Fig. 8 . For the purpose of maintaining the existing plane of motion, the control mass can adopt a charge and induce a correcting force onto the deputy satellite.
For the purpose of changing the deputy satellite relative plane of motion, the following process is undertaken.
1. Firstly, a new temporary target plane is defined, varying only very slightly from the initial plane and in the direction of rotation of the final target plane. 2. The main satellite adjusts its attitude such that it lies perpendicular to this new temporary plane. 3. A force is exerted onto the deputy in order to correct its position relative to this new temporary path. 4. After a short period of time, the temporary target plane is defined as being slightly rotated from the previous plane. The rotation is in the direction of the final target plane. Within this study, this period of change is 0.5 s, which is also the numerical integration step size used. Hence, at every interval, the target plane is rotated by the angle Á as defined in Eq. (21). Here, T is the time period in which the reorientation is to take place, and TARGET and INITIAL are the tilt angles of the target and initial planes of motion, respectively.
The adopted charges for the purposes of both in and out-ofplane forcing are described in the subsection below.
Tilted path control laws
The chief, control and deputy masses act as point charge sources. It is desired that the positional error of the deputy satellite relative to the temporary target path be minimized. For this purpose, the following feedback control laws are proposed based upon the positional error definitions as illustrated in Fig. 9 . The chief mass lies approximately in the instantaneous deputy satellite plane of motion. Hence, the chief mass is assigned the responsibility of reducing the deputy satellite in-plane positional error. The chief mass charge q CHIEF is then varied according to Eq. (22) below.
Here, F PI and F DI are the proportional and derivative inplane feedback gain values, p I,ERROR is the in-plane positional error as illustrated in Fig. 9 , and v I is the deputy satellite radial velocity acting along the in-plane component of the position vector. The control mass lies approximately perpendicular to the instantaneous deputy satellite plane of motion. Hence, the control mass is given the responsibility of reducing the deputy satellite out-of-plane positional error. The control mass charge is varied according to Eq. (23).
Here, F PO and F DO are the proportional and derivative outof-plane feedback gain values, p O,ERROR is the out-of-plane positional error as illustrated in Fig. 9 , and v O is the deputy satellite out-of-plane velocity that acts along the unit normal vector to the target path plane.
Numerical Simulation Results
Using the control logic proposed in the above section, a series of numerical simulations were undertaken in order to analyze the resultant motion of the system. The differential equations of motion shown in subsection 2.1 were integrated using the Runge-Kutta 4th order numerical integration method. The computed resultant motion of the system is shown here. Arrows have been marked on the relevant diagrams in order to illustrate the direction of motion.
Deployment
The deployment control logic that is presented above was tested using a series of numerical simulations. One set of results is shown here for the case of one rotation before convergence to the target path. Figure 10 shows the deputy satellite path of motion in the main satellite reference frame (i.e. relative to the main satellite). Arrows have been marked on the figure in order to show the direction of motion. The deputy satellite follows a smooth path along the guidance ellipses and eventually converges with the final target path. The point of convergence is at the coordinate ð0; 10Þ m, measured in the main satellite reference frame.
In Fig. 11 the in-and out-of-plane positional error variations are shown for the duration of the numerical simulation. The in-plane positional error oscillates relatively rapidly and takes a maximum of 9.16 mm. The out-of-plane error oscillates relatively slowly. This can be expected due to the absence of any control force acting to reduce the out-of-plane motion. The maximum out-of-plane error is 7.17 mm. The x-and y-velocities also converge accurately to the target values. Peak velocity-errors reach only 1% of the target values. Due to page number constraints, the velocity profile is not shown here.
It appears that an increased number of rotations before convergence does not necessarily reduce the error magnitudes at the point of convergence. The reason for this may be that in the case of three or more rotations, errors accumulate and are not compensated for by the control system. Furthermore, it appears that once the deputy has converged to the target path, the positional and velocity errors change only very slightly. For each case the error magnitudes are small. Both velocity components are particularly small with the x-velocity taking a maximum error of less than 1% at the point of convergence.
Effect of initial z-axis error
In a real system, the deputy satellite may not be accurately docked to the control mass. If the initial z-axis deviation is not zero, as is assumed for the above simulation, it is of interest to know what the resultant motion will be. In order to understand the resultant behaviour, the numerical simulation below was carried out, whereby the initial z-ordinate of the deputy satellite was 5 cm. The resultant motion in the ðx; zÞ-plane is shown in Fig. 12 . Arrows have been marked on the figure to indicate the direction of motion. The greatest z-axis error is 0.48 m. In terms of the ðx; yÞ-plane motion, the deputy satellite passes accurately to the desired path. Both the positional and velocity values at the point of convergence are similar to the case above in which there is zero initial z-axis error. The ðx; yÞ-plane motion is not shown here. 
Tilted paths
Based upon the control algorithm proposed in subsection 3.2 a series of numerical simulations were undertaken to test the performance of the system along tilted paths. The results of two numerical simulations are shown here. The first simulation investigates guidance of the deputy satellite to a target plane of 30 tilt. The second simulation investigates the guidance of the deputy satellite to a target plane of 60 tilt. In both cases the influence of the number of orbits before convergence to the target path, or rather the period T in Eq. (21), is investigated. 4.2.1. Guidance to 30 tilt The deputy satellite relative path of motion is shown in Fig. 13 for the case of one orbit before convergence to the final target path. From the starting point in the local ðx; yÞ-plane, the deputy satellite is smoothly guided to the target plane. Arrows have been marked on the figure to indicate the direction of motion.
The in-and out-of-plane positional errors are shown for the cases of one orbit before convergence in Fig. 14 and for five orbits before convergence in Fig. 15 . Whilst in the one orbit before convergence case the maximum out-ofplane positional error is 16.4 mm, in the five orbit before convergence case the maximum is 22.9 mm. These results are contrary to expectations. It can logically be assumed that faster rotations would lead to faster and less stable changes in motion, and hence, greater out-of-plane positional errors. The in-plane positional errors remain approximately in the region of AE6 mm in both cases.
Guidance to 60
tilt For the cases of guiding the deputy satellite to a target plane of 60 tilt, the distance between the control mass and the deputy satellite increases. This increase causes a weakening of the out-of-plane Coulomb force. Due to this weakening, greater error in the out-of-plane direction can be expected. Numerical simulation results confirm that the out-of-plane positional errors are greater for the 60 tilt case than the 30 case. In the case of one orbit before convergence, the deputy satellite out-of-plane positional errors dramatically increase post convergence. This change can be seen in Fig. 16 after $700 time units (70,000 s). This sudden increase is believed to be the effect of the deputy satellite's inertia in the out-ofplane direction. The deputy satellite gains momentum as it is guided along the target path. Once convergence occurs, the out-of-plane velocity component of the deputy satellite should be brought to null. The deputy satellite's momentum carries it beyond the final target path and causes the observable overshoot. A maximum out-of-plane positional error of 17.9 cm is observed. The in-plane positional error remains less than AE1 cm.
The case of five orbits before convergence shows an improved error performance. This is shown by the positional error variation in Fig. 17 . The out-of-plane positional error range is half that in the case of one orbit before convergence. This improved error range is less than AE8 cm. This result supports the logical expectation that a slower rate of rotation of the target plane leads to lower out-of-plane positional errors. The sudden increase in out-of-plane positional error can also be observed in this case. The reason for this occurrence is again believed to be due to the deputy satellite's inertia. 4.3. Out-of-plane error reduction in deployment with initial z-axis offset The out-of-plane errors resulting from the simulation shown in Fig. 12 are undesirably large. In order to reduce these errors, the tilted path guidance method is used. The following steps are carried out for this purpose.
1. The deputy satellite is allowed to continue along the inplane target path for one quarter of an orbit. 2. Once the deputy satellite has reached its x-ordinate maximum, the tilt of the instantaneous plane of motion is calculated according to
3. Based upon this newly calculated plane of motion, the tilted path guidance method is used to drive the deputy satellite back towards the local ðx; yÞ-plane. In the case shown below, this takes place over one orbit. Results for this method can be seen in Figs. 18 and 19 . Figure 18 shows the in-and out-of-plane positional errors that occur during this simulation. The out-of-plane error is here equivalent to the z-ordinate value because the target plane of motion is the ðx; yÞ-plane. The numerical simulation results indicate that the deputy satellite out-of-plane positional error can be reduced to a bounded region of approximately AE13 mm. The in-plane positional errors lie in a range of approximate AE8 mm. Figure 19 shows the deputy satellite path of motion. Indicated in the figure is the point at which control of the out-ofplane positional error begins. Until this point, the motion of the deputy satellite is the same as that shown in Fig. 12 . At this point of change, step 2 takes place and step 3 begins. Once step 3 has taken place, the deputy satellite converges back to the local ðx; yÞ-plane. Also indicated in the figure are arrows that show the direction of motion.
Conclusion
This paper presented a deployment method using Coulomb forces between two satellite bodies. This deployment was based upon feedback control, the use of elliptical guidance paths and the re-orientation of the main satellite body. It was shown using numerical simulations that control of the deputy satellite during deployment can be achieved by the proposed method and under the given conditions. It was found that if the initial z-axis position is non-zero, the resultant z-axis motion is oscillatory in nature, as can be expected from the orbital dynamics of the system. This z-axis error (non-planar motion) can be compensated for by using the tilted path guidance logic. This method can also act to deploy the deputy satellite to a Clohessy-Wiltshire bounded solution that is tilted relative to the orbital plane. Several numerical simulation results were shown here to illustrate the behavior of the system. Even in the worst cases, the in-and out-of-plane positional errors are kept within several centimeters. Despite worsening results with increasing tilt angle, bounded motion was maintained by the current method.
